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Micromachined actuators have been used successfully to control leading-edge vortices of a delta wing by manipulating the thin boundary layer before flow separation. In an earlier work38, we have demonstrated that small disturbances generated by these micro actuators can alter large-scale vortex structures, and consequently, generate appreciable aerodynamic moments along all three axes for flight control. In the current study, we explored the possibility of independently controlling these moments.  Instead of using a linearly distributed array of micro actuators covering the entire leading edge as done in the previous study, we applied a shorter array of actuators located on either the 

 forward or the rear half section of the leading edge.  Both one- and two-sided control configurations have also been investigated.  Data showed that pitching moment could be generated independently by appropriate actuation of micro actuators. In order to understand the interaction between the micro actuators and leading-edge vortices, surface pressure distribution, direct force measurements and flow visualization experiments were conducted. The effects of micro actuators on the vortex structure, especially vortex core location, were investigated. Experimental results showed that asymmetric vortex pairs were formed, which leads to the generation of significant torques in all three axes.

Nomenclature

A-T       = Apex to Trailing edge 

AOA     = angle of attack (()

c           = chord length

Cm             = pitching moment coefficients

Cn              = yawing moment coefficients

Cl          = rolling moment coefficients

Cp         = pressure coefficient = 
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d           = characteristic length

H-A-T  = Half Apex to Trailing edge

Lv        = vortex lift

P          = surface pressure

P(        = free-stream pressure

S         = half span

U         = free-stream velocity

·   = density

·   = angular position of the actuator array measured from the bottom surface

Re
= Reynolds number

Introduction
Flows over delta wings have been studied extensively in the literature1-5. Even at small angles of attack, a pair of spiral vortices originating from the leading edges characterize the flow on the leeward side of the wing (Fig. 1). Peckham6 reported that leading-edge vortices could be observed at an angle of attack (AOA) as low as 2( for delta wings with sharp leading edges. For wings with rounded leading edges, the vortex pairs occur at higher angles of attack due to delay of flow separation. Earnshaw and Lawford7 found that these vortices start to appear at an angle of attack of 5(. The boundary layer flow separating from the leading edges will form a free shear layer, which will roll up into a core of high vorticity residing above the leeward side of the wing. The vortex core grows in radius along the downstream direction and the transverse size of the vortex is on the order of half the wing span at high angles of attack. In addition to the swirl velocity component, each of the two leading-edge vortices contains an axial flow component in the central core region. As the vortex convects downstream, vorticity is continuously fed into the core region, and the circulation about the core increases. Thus, a low-pressure region will be generated by the leading-edge vortices. “Vortex lift”, which is distinguished from potential lift, is created as the result of the presence of this low-pressure region. At high angles of attack, the cores of leading-edge vortices on the wing tend to “ burst ” or “ breakdown”8. Before vortex breakdown occurs, a significant portion of the total lift is attributed to the emergence of these leading-edge vortices9. It implies that we can generate a torque for flight control if we can break the symmetry of these two vortices.

The majority of vortex control techniques discussed in the literature falls into four categories: (a) blowing10-23, (b) suction24-25, (c) trailing edge jet control26-27, (d) large mechanical flaps28-32, and (e) heating33. These approaches achieve vortex control by either altering the vorticity generation near the leading edges or manipulating the vorticity convection along the vortex core. Recently, a new delta wing vortex control strategy using a linearly distributed array of micro actuators has been developed34-35. This actuator array covering the entire leading edge from the apex to the trailing edge, called “A-T”(Apex-Trailing edge) actuator, has been shown to be effective in torque generation.   It has been shown that if the deflection amplitude of the actuators is comparable to the boundary layer thickness near the leading edge separation point, it is possible to perturb the separated flow and break the symmetry of the primary vortex pair. For this purpose, micro actuators with out-of-plane deflection length on the order of 1-2 mm have been used to control a delta wing. A significant increase in rolling, pitching, and yawing moments has been observed. It has also been found that the optimum angular location of actuators for the maximum torque generation is closely related to leading edge flow separation27.  On delta wings with rounded leading edges, the position of flow separation depends not only on the Reynolds number but also on the leading edge curvature that determines the local pressure gradient.  Consequently, the leading edge flow separation line usually is not a straight line from the apex to the trailing edge. As a result, a straight array of distributed micro actuators cannot match exactly with the curved separation line to produce the optimum effect. Furthermore, a partially misplaced actuator array can sometimes produce adverse effects to offset the overall control goal. In this paper, different types of distributed micro actuators are employed to investigate potential solutions to this problem. A shorter array of micro actuators which covers only half the length from the apex to trailing edge, called “H-A-T” (Half Apex to Trailing edge) actuator, was used to explore the possibility of providing more robust vortex control. Since the angular position of the H-A-T actuator array can be adjusted to fit more closely to the separation line on the forward (or rear) half part of the leading edge, it is expected to generate higher torques in all three axis. Consequently, fewer actuators will be required for effective flight control and it implies simpler hardware arrangement and less power consumption. When the H-A-T actuators were installed on one of the leading edges, it did destroy the symmetry of the vortex pair and produced higher rolling, pitching and yawing moments. In addition, we also demonstrated a strategy to control the pitching moment independently by applying H-A-T actuators on both sides of the wing. Figure 2 presents schematically all different actuator configurations used in the paper.  A detailed discussion of these results will be presented in the results and discussion section.  Currently, we are proceeding to employ a large number of actuators for truly distributed control along the curved separation line.   

In order to investigate the interaction between the micro actuators and the vortices, a fundamental understanding of the flowfield is essential. In light of this, we conducted a series of aerodynamic tests, including surface pressure, direct force measurements and flow visualization experiments, with and without the flow control. The objective of this work is to investigate how the vortex structure is altered by the use of micro actuators and how an unbalanced vortex pair can be used to generate appreciable torques at high angles of attack. 

Experimental Setup and Procedures

A delta wing model with a sweep angle of 56.5( was sting mounted in a 0.9 x 0.9  m2 low-speed wind tunnel. The model support rig has a pitch angle range of –5( to 40(, resulting in a 45( range in angle of attack. The wing has a constant thickness of 1.27 cm (approximately 4.23 % of the root chord) with a circular leading-edge profile (Fig. 3). Maximum wind tunnel blockage ratio is about 5 % and no correction of the blockage effect was applied. Seven rows of pressure measuring sections, distributed uniformly between 30 % to 90 % chord locations, were selected to provide upper-surface pressure measurements. Lower-surface pressure distribution was obtained by inverting the wing. At each row of the pressure measuring section, there are 18 pressure taps along the half span, including 3 taps located on the circular surface of the leading edge. Each pressure tap was connected to a commercially-available solid-state gauge pressure sensor (NPC-1210, Lucas NovaSensor) to map out the pressure distribution. Test Reynolds numbers range from 2.1x105 to 8.4x105, based on the wing root chord  and the freestream velocities from 10 to 40 m/s. 

A robust magnetic MEMS actuator was designed and fabricated for this study36-37. The surface-micromachined magnetic actuator (Fig. 3(c)) has two torsional support beams and has been successfully employed in vortex flow control in an earlier study35. The actuator has a flap-type structure with an electroplated magnetic layer, which is supported by silicon-nitride torsional beams. The flap can be activated under the influence of an external magnetic field. Experimental results have demonstrated that the flexural actuator can achieve a vertical displacement of 2 mm (at a deflection angle of 90o) and is robust enough to withstand a high wind loading. In this work, The micro actuators were applied on the leading edge surface of the wing model to control the vortices. Due to the limited supply of micro actuators, we also used miniature mechanical actuators for some wind tunnel tests. Basically, the mechanical actuator has the same deflection length as micro actuators except that the stiffness of the mechanical actuator is larger. The effects caused by using either MEMS actuators or miniature mechanical actuators were found to be comparable.

Normal force and 3-axis moment data were measured using a six-component force/moment transducer (AMTI, Inc.). This transducer system was used to record changes in torques induced by the use of micro actuators. Data were digitized by an analog-to-digital converter and processed by a personal computer (PC).

Qualitative flow behaviors with and without flow control were also observed using laser-sheet flow visualization technique.   Special attention was placed on the tracking of the movement of vortex cores under control condition. Figure 4 shows the experimental setup  for the flow visualization on the upper side of the wing model. To visualize the flow, a sheet of laser light (2 mm thick) from a pulsed Nd:YAG laser was projected across the wind tunnel to intercept the delta wing at any chosen chordwise location. Smoke particles generated from a stage smoke generator were used to seed the flow.  The cross-flow plane of the wing was illuminated to investigate the structure of the vortices. The tests were conducted in the UCLA 0.3 x 0.3 m2  low-speed wind tunnel. It is specially designed for the purpose of flow visualization.  A 1/2-scaled wing model of the one used in 0.9 x 0.9 m2 wind tunnel was used for flow visualization. Instead of using 2 mm actuators in the large wind tunnel, shorter 1 mm MEMS actuators were employed because of the relatively smaller size of the wing model.  An image processing system, consisting of a high-resolution CCD video camera, an image interface card and a PC, was used for image acquisition.

Results and Discussion

Baseline Testing

First, tests were conducted without flow control to establish the baseline condition. Figure 5(b) represents the variation of the pressure coefficient, Cp, along the spanwise location at different cross sections at an AOA of 25(. For each of the measured profile, the negative pressure distribution reaches a maximum at around 65 % spanwise location.  This negative peak value increases toward the wing apex and attains a maximum value of –3.5 at 30 % chord location.  This indicates that the leading edge vortex has a well-defined conical structure and the vortex core is located approximately above this spanwise position. Further downstream, the negative peak pressure regions gradually expand and their peak values decrease, signifying the downstream growth of the vortex.  However, the negative pressure peak at each chordwise location still remains close to 65 % spanwise location. Although not presented here, similar pressure distributions were also measured at several other angles of attack, ranging from 5( to 35(. By integrating the pressure distributions on both the upper and lower surfaces of a delta wing, one can obtain the total normal force acting on the wing. Note that pressure distributions near the apex were extrapolated from the measured data based on the conical vortex structure assumption. Figure 6(a) shows the results of the integrated pressure force at different angles of attack. The normal force increases with AOA until it reaches a maximum value at an AOA of 30(. When compared with data obtained from the six-component transducer system, it was found that the difference was within 3 % for each case. This confirms the reliability of the aerodynamic loading data obtained by integrating the surface pressure distributions.

A-T Micro Actuators

The previous study34 has shown that rolling and pitching moments could be generated by activating a linearly distributed array of A-T micro actuators at strategic locations. Figures 6(b) & (c) show the increased rolling and pitching moments obtained from integrating the surface pressure field, while A-T actuators were activated at different Reynolds numbers. The rolling and pitching moments obtained from the six-component transducer are also plotted on the same figures for comparison. In order to characterize the effectiveness of the vortex control on the wing's maneuverability, the torques measured either from the six-component transducer or from the surface pressure integration were normalized by a reference torque, which is defined as the estimated magnitude of the torque generated by a single vortex. The procedures used for the normalization of the torque data are described as follows: First, the magnitude of vortex lift (Lv) at a specific angle of attack is calculated from theoretical prediction9. The theoretical formula has been verified by experimental data for vortical flow before vortex breakdown occurs. Then, the reference torque produced by this vortex is defined by  multiplying this vortex lift to a characteristic length (d), which is chosen as the distance from the centerline of the whole wing to the centroid of a half wing (Fig. 3). The reference torque represents the nominal capability of a single leading edge vortex to produce torque on a delta wing and can be used as a standard to measure the relative magnitude of the torque generated by using the actuators.  In this paper, all changes of the three-axis torques were normalized by this reference torque for easy comparison.

Data in Fig. 6(b) show that the change of normalized rolling moment as a function of the Reynolds number.  About 70 % increase of normalized rolling moment can be achieved for Reynolds numbers higher than 6x105.  It is believed that the micro actuators become increasingly more effective because the leading edge boundary layers are thinner at higher Reynolds number cases. For pitching moment generation as shown in Fig. 6(c), the increment of normalized pitching moment also shows slight dependence on Reynolds number. About 30 % increase in pitching moment can be achieved at Reynolds number of 2 x 105. Data from integration of surface pressure field are consistent with those measured using the six-component transducer. The maximum difference between data measured by these two methods is less than 5 % for all cases. 

The data from six-component transducers were also converted into moment coefficients as shown in Fig. 7. The pitching, yawing, and rolling moment coefficients  are defined, respectively, as
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where (Mm,  (Mn, and (Ml are changes in the pitching, yawing, and rolling moments induced by micro actuators. q(, As, and c  are the dynamic pressure of the free-stream, wing area,  and the distance measured between the apex and the centroid of the wing. The maximum pitching and rolling moment coefficients are 0.025 and 0.028, respectively.  However, the maximum value of the yawing moment coefficient is measured to be only 0.0043.

H-A-T Micro Actuators

In a previous study35, an A-T actuator array (figure 2(a)), covering the whole leading edge from the apex to the trailing edge, was used to successfully generate torques for flight control.  In addition, it had also been shown that two leading edge vortices appeared to act independently when they were under external control.  In the present case, a shorter actuator array covering only half of the leading edge, called H-A-T (Half Apex to Trailing edge) actuator (figures 2(b) and 2(c)), was used to explore the possibility of more effective torque generation. Also, two H-A-T actuator arrays (called “two-sided H-A-T actuators”, as shown in figures 2(d) and 2(e)) were placed along each side of the leading edge of the wing in order to control the two leading edge vortices individually, hence increasing the control capability. 

Rolling Moment

From a previous study35, it has been shown that the normalized rolling moment can be increased up to a maximum of (35 % using a linearly distributed array of 2-mm A-T actuators (Fig. 8).  The variation of the rolling moment is plotted as a function of the angular position (as defined in figure 3) of the actuator array for different Reynolds numbers.  A positive peak is generated when the actuator array is placed between 40( and 50( angle, while a negative peak appears when the actuator is located at 80( angle.  In the current study, we concentrated on investigating the use of the H-A-T actuator for more effective torque generation. Initially, a single H-A-T actuator was placed at the forward half of one side of the leading edge at an AOA of 25o (as shown in figure 2(b)). Figures 9-11 show the changes of normalized rolling, pitching, and yawing moments while H-A-T actuators are placed at different angular locations, respectively.   Somewhat surprising, the maximum increase of the positive rolling moment (55 % at 60( angle) obtained under this control condition (Fig. 9) was found to be much higher than the increased value (35 %) obtained using the A-T actuator array (Fig. 8). On the other hand, the maximum increase of the negative rolling moment is not as high relative to that generated by using an A-T actuator array (-15 % at 100( angle as compared to –35 %).  This might be due to the fact that the separation line is not straight along the leading edge and the vortical flow in different sections responds differently to the local actuator array.  In order to examine this possibility, we measured the separation line (from apex to trailing edge of the wing) using distributed micromachined shear-stress sensors34 and the result is shown in Fig. 12. The micromachined shear-stress sensor array is a thermal-type sensor which relates the convective heat loss of an electrically-heated sensor to the local surface shear stress. It has been applied successfully in detecting boundary layer separation34. It is noticed that the optimum angular position of H-A-T actuator where the maximum rolling moment is produced (( = 60o) is very close to the measured separation line on the forward half of the leading edge. This is reasonable since micro actuators should be most effective while placed close to the separation line where the separating boundary layer is most susceptible to external perturbations.  On the other hand, an A-T actuator array that spans the whole length of the leading edge cannot match closely the entire separation line.  Consequently, there might be some adverse effects due to this mismatch and the use of a full AT actuator can actually reduce the overall control.   Further investigation concerning the effect of the actuator array on the rear half of the wing has also been undertaken by placing a H-A-T actuator at the rear half of the wing as shown in Fig. 2(c). It is found that the rear H-A-T actuator array is not as effective in generating rolling moment as the forward half case (Fig. 13 as compared to Fig. 8). The maximum increase of the rolling moment is only about 30 % or lower and it occurs at an angle of 60(, close to the optimum angle for the forward H-A-T case. It is speculated that the rear H-A-T actuator cannot follow closely the rear half of the separation line because it curves inward toward the upper surface of the wing more as compared to the separation line in the forward section (Fig. 12).  Moreover, it takes time for the vorticity of the separated shear layer to roll into a vortex and perturbations generated at the leading edge will only affect the region further downstream of the wing section.  Therefore, the vortex control is more effective when the actuator is placed close to the apex of the wing.  This is consistent with the fact that most of the vorticity within the leading edge vortex actually originates near the apex of the wing.  Another interesting observation is that the rear actuator array does not generate negative rolling moment (figure 13).  

Pitching and Yawing Moments

In addition to the rolling moment, pitching and yawing moments can also be induced by manipulating the leading edge vortex pair. The generation of pitching and yawing moments could be explained by the redistribution of surface pressure field caused by micro actuators, which will be discussed in detail in the next section. When a single H-A-T actuator is placed at the forward half of the wing, a maximum peak of 15 % for pitching moment (Fig. 10), and 4 % to –4 % for yawing moment (Fig. 11) can be achieved. For the forward H-A-T actuators, the most effective angular positions for the pitching and the yawing control are different.    The optimum angle is (= 60o  for pitching moment and ( = 40o for yawing moment.  Furthermore, when comparing the results for the forward and rear H-A-T actuators, the forward H-A-T actuator was found to be more effective for pitching moment control (15 % in Fig. 10 as compared to 5 % in Fig. 14) while the rear H-A-T actuator was more effective for yawing moment control (4 % in Fig. 11 as compared to 7.5 % in Fig. 15). 

Two-Sided H-A-T Actuators
 In an earlier study, it has been demonstrated that the two leading-edge vortices could be controlled independently34. Taking advantage of this behavior, it is possible to obtain additional rolling moment if we can simultaneously activate two H-A-T actuator arrays located on both sides of the leading edges of the wing.  For example, for a wing at an AOA of 25( , we can place one H-A-T actuator array  at  60( angle on one leading edge and place the other array at  100( angle  on the opposite side of the wing (Fig. 2(d)).  As a result, a total amount of 70 % rolling moment increase can be achieved if two H-A-T actuators are activated simultaneously at both leading edges34.  

Another major objective of this work is to investigate the possibility to control pitching, rolling and yawing moments independently by micro actuators.  As shown in figures 9 to 11, all three moments are produced at the same time when the actuator array is activated only on one side of the leading edge.  Based on simple geometric consideration, the rolling moment is produced by the emergence of an asymmetric vortex pair with respect to the wing's centerline.  This implies that we can eliminate the rolling moment by activating two symmetrically-located actuator arrays.   As shown in figure 16, a maximum of 30 % pitching moment can be generated by this configuration without the production of appreciable rolling (< 2.8 %) and yawing (< 1.5 %) moments.  This test suggests that it is possible to provide pitching moment without generating rolling and yawing moments. A similar attempt had been tried to provide maximum yawing moment using the two-sided control configuration as shown in figure 2(e).  A yawing moment in the order of 10 % can be generated without inducing significant pitching moment change (< 2 %).  However, we could not avoid the generation of notable rolling moments (~20 %) using this configuration (figure 17). 

Mechanisms for Torque Generation

The rolling moment can be generated by two possible mechanisms. The first possibility is that the global structure of the leading edge vortex is distorted such that an asymmetrically-distributed vortex pair is generated. On the other hand, it is also possible that the relative strength of the two vortices has been altered by the actuators.  Figure 18 shows the surface pressure fields at several cross sections on the left-hand side of the wing with and without actuation control. The distortion of global vortex structure can be observed by surface pressure measurements. The results indicate that if the micro actuator array is placed upstream of the separation point, it can move the peak of surface pressure distributions outboard (figure 18(a)), generating a positive rolling moment mainly due to an increase of the moment arm with respect to the centerline. On the other hand, the activation of micro actuators downstream of the separation point moves the peak of the surface pressure distributions inboard (figure 18(b)), and a negative rolling moment is generated as the moment arm is shortened. From both the integration of the surface pressure field and the direct force measurement data, the normal force of the wing does not show any appreciable change when micro actuators were activated only on one side of the delta wing.  This seems to suggest that the overall strength of the vortex system has not been changed drastically under control.  

  From our measurements, the maximum positive peak rolling moment emerged when the actuator array was placed at an angular position of 60(, while the maximum negative rolling moment took place when the actuator array was located at 100( (Figure 9).  It was expected that the most dramatic changes would occur at these angles, therefore, they were chosen to investigate the effects of micro actuators' positions on vortex structures. Figure 19 shows a sequence of three flow visualization pictures corresponding, respectively, to the leading edge vortex without control and with actuator control placed at two different angular positions.  All three pictures were taken at the same chordwise location that was 30 % chord downstream of the apex where vortex breakdown has not yet occurred. Figure 19(a) shows the right-sided leading edge vortex with no control, and it clearly reveals that a pair of counter-rotating stationary vortices lies on the leeward side of the wing. One can see the shear layer separating from the leading edge and rolling into a large vortex, the primary vortex.   The primary vortex reattaches to the surface but separates again as the attached flow moves outboard.   This leads to the emergence of the secondary vortex, as can be clearly seen underneath the separating shear layer. By carefully measuring the location of the vortex core from the picture, it was found that the vortex core was located at about 65 % spanwise location for a wing at an AOA of 25(. This result is consistent with the surface pressure measurements (Fig. 18).

The corresponding vortex structure when an array of forward H-A-T actuators is activated at (=60( is shown in the following picture (figure 19(b)). It can be clearly seen that the core of the vortex has moved outboard relative to the uncontrolled vortex. This observation is concordant with the result from the surface pressure measurements. It is also evident that the shear layer separates from the leading edge with a steeper angle. It seems that the effect of the micro actuators is to push the shear layer “away” from the surface. Since at this angular position the micro actuators are placed ahead of the original separation point, therefore, the flow is forced to separate earlier due to higher pressure gradient caused by the presence of the micro actuator. Consequently, the separation vortex moves outboard and a positive rolling moment is generated because the vortex pair is unbalanced.  Finally, the controlled case appears to have a larger primary vortex and a smaller secondary vortex as compared to the wing without control.  From both the direct force and the surface pressure measurements, the strength of the displaced primary vortex does not seem to increase drastically.  It is believed that the vortex is simply becoming more diffuse rather than being strengthened. 

Figure 19 (c) shows the flow visualization result of the vortex when a H-A-T actuator is activated at (=100(. Also consistent with the data from surface pressure measurements, the core of the vortex under this mode of actuation control has shifted inboard relative to an uncontrolled vortex. It is also noticed that the shear layer now separates from the leading edge with a smaller angle. It appears that the micro actuators tend to pull the separating shear layer “towards” the wing's surface. One possible mechanism is explained as follows:  When the flap actuator extends away from the surface downstream of the original separation point, it actually reduces the effective  curvature experienced by the local flow such that the adverse pressure gradient is alleviated.  As a result, the flow follows the surface longer and the separation is delayed.  It is expected that the boundary layer eventually separates from the surface and reattaches to the extended tip of the actuator array where it experiences a stronger inward flow stream and, consequently, the separated layer is pulled further inward and the resulting vortex also moves inboard. A negative rolling moment is therefore generated.  The vortex appears to be smaller but closer to the surface.  As a result, the pressure field induced by the vortex does not change significantly (Fig. 18).

In the following, we focus our visual observation on the region near the leading edges of the delta wing where the interaction between the micro actuators and the separated flow is the most critical to ensure an effective flow control. Our objective is to identify the relationship between the leading edge separation pattern and the position of the actuator array.  
Figure 20 shows the vortical flow patterns near the leading edge corresponding to the same configurations as shown in figure 19.  Our interpretations of the behavior of the vortex under different control conditions are illustrated schematically next to the corresponding flow visualization pictures. Without control, the flow accelerates near the leading edge and separates due to the presence of an adverse pressure gradient further downstream. From this picture (figure 20(a)), the boundary layer flow separates at about 60(.  If an array of actuators is employed before the separation line at (=50(, it is found that the flow separates earlier and the deflection angle of the shear layer after separation is changed (Fig. 20(b)). Due to the presence of the micro actuators, the boundary layer is forced to separate from the tip of the actuator array and the separated shear layer is pushed “away” from the surface. The flow at this location tends to carry the shear layer further outward and, consequently, the deflection angle of the shear layer is larger than the case without any actuation. As a result, the vortex structure is moved outboard as has also been discussed before (Fig. 19(b)). Accordingly, the suction pressure peak associated with the vortex also moved outboard and a positive rolling moment was generated by the unbalanced vortex pair.
On the other hand, when the actuators were placed at (=100(, downstream of the uncontrolled separation position, a different trend was observed and the results were shown in Fig. 20 (c). The separated boundary layer seems to attach back to the extended tip of the actuator.  The effective local curvature near the actuator tip is much smaller than without the flap.  Consequently, the outflow tends to turn more sharply toward the surface of the wing so that it carries the shear layer further inward.  As a result, the deflection angle of the shear layer becomes smaller and the vortex structure is moved inboard (Fig. 19(c)). This is consistent with the results presented in the previous sections. Consequently, a negative rolling moment is created.
Conclusions

A pair of nearly symmetric vortices separating from the leading edge characterizes the flow over a delta wing.  At high angles of attack, these vortices make a significant contribution to the total lift of the wing. Hence, if the symmetry of these vortices can be broken by using micro actuators, it is possible to generate appreciable moments for flight control. A linearly distributed array of MEMS actuators has been applied in a previous study31  to generate torques for flight control successfully.   In this study, an H-A-T actuator covering only half the length from the apex to the trailing edge was used to explore the possibility of providing robust vortex control. It has been found that a higher rolling moment could be obtained by activating an array of H-A-T micro actuators at an appropriate location, because it could be aligned more closely to the separation line. Two-sided H-A-T actuator arrays have also been tested to increase the control capability. Data showed that pitching moment could be generated independently without rolling and yawing moments by applying symmetric actuation on both sides of the wing. A laser-sheet flow visualization of the delta wing flow field was used to examine the interaction between micro actuators and the cross flow patterns of the separated boundary layer near the leading edge. Special attention has been focused on the identification of the distortion of the vortex structure, particularly the movement of the vortex core, under the influence of the actuation control.  It has been found that the shear layer separated with a steeper angle if the actuator array was placed at or before the original separation point, hence, the vortex moved outboard and away from the surface, generating a positive rolling moment.  On the other hand, the shear layer separated with a smaller angle if the actuator array was positioned downstream of the original separation point.  This type of control forced the vortex to move inboard and closer to the surface, producing a negative rolling moment. These flow visualization observations are consistent with data obtained using surface pressure and direct force measurements.   
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 Fig. 1 Typical vortical flow over a delta wing (with round leading edges) at moderate angles of attack.  
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Fig. 2  (a) A-T actuator, (b) forward H-A-T actuator, (c) rear H-A-T actuator, (d) two-sided H-A-T actuators for pitching control, and (e) two-sided H-A-T actuators for yawing control. (Note: actuators are represented by the thicker line segments.)



Fig. 3  (a) Delta wing model, and (b) schematic of micro actuators setup on the leading edge, and (c) picture of a surface-micromachined actuator.
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Fig. 4  Experimental setup for flow visualization.
Fig.  5  (a) Schematic setup for surface pressure measurement for a delta wing, (b) Pressure distributions of a delta wing at AOA=25(.
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Fig. 6 Comparison of the normal force from surface pressure measurements and six-component sensor: (a) normal force, (b) rolling moment, and (c) pitching moment. 
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Fig. 7  Maximum rolling, pitching, and yawing moment coefficients at AOA=25(.
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Fig. 8  Normalized rolling moment vs. actuation locations at AOA = 25( for A-T actuator.
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Fig. 9   Normalized rolling moment vs. actuator location at AOA=25o for forward H-A-T actuators. 
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Fig. 10   Normalized pitching moment vs. actuator location at AOA=25o for forward H-A-T actuators.
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Fig. 11   Normalized yawing moment vs. actuator location at AOA=25o for forward H-A-T actuators.
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Fig. 12   Boundary layer separation line along the wing’s leading edge determined using distributed shear-stress sensors at AOA=25( (Re=6x105 ). The contour lines indicate constant value of shear stress and the thicker line represents the location where flow starts to separate.
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Fig. 13   Normalized rolling moment vs. actuator location at AOA=25o for rear H-A-T actuators
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Fig. 14   Normalized pitching moment vs. actuator location at AOA=25o for rear H-A-T actuators.
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Fig. 15   Normalized yawing moment vs. actuator location at AOA=25o for rear H-A-T actuators.
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Fig. 16   Normalized pitching moment vs. Reynolds number at AOA=25o. Actuators are located at (=60(.
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Fig. 17   Normalized yawing moment vs. Reynolds number at AOA=25o , two-sided H-A-T actuators. 
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Fig. 18  Surface pressure distribution on the upper side of the wing for (a) actuators before separation line, and (b) actuators downstream separation line.
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Fig. 19  (a) Vortical structure without micro actuators, (b) with actuators at  (=50(,and  (c) at  (=100( .
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Fig. 20  Streakline flow pattern near the leading edge (a) without any actuator, (b) actuators before the original separation line and  (c) actuators downstream the original separation line. Dotted lines indicate the original streamlines, while the solid lines represent separating streamlines under control.
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